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ITS EFFECT UPON AIW'OIL PFUS3URE DISTRIBUTIONS 

By H. Ju l i an   A l l en ,  .Ilax.  A. Heaslet ,  
and Gerala E, i l i t zberg  

The mechanism ~f t he  i n t e r e c t i o n  of conqression s h w k  

vith bouqdary laysr is i m e e t i g a t e d ,  It ie s h o m  that t h e  

apparent12,z s k ~ c k l e s s   p r e s s u r e  distributims &served experi- 

mentally at s u p e r c r i t i c a l  Ihch nwnbers can Le accour ted  far 

by a n a k e d   t h i c k e n i n g  or' the   boundary  layer  f o r  scme d ie t ance  

ahead of  the  shock wave. P r e s s u r e   f i s t r i b u t i m a  with abrupt 

p r e s s u r e   r e c w e r y  from l a r g e  l lxal  supersonic  liach  nunbers to 

a local Xach number of about unity can be  accgunted for by a 

th ickening  of the tmundarg l a y e r  over a shorter chordwise 

ex ten t .  

tit the t e s t  Reynolds  nmber of about l,~OO,OOO, the 

presence of an ae rodynaa ica l ly   c l ean  or  dirty surface Coes no t  

ma te r i a l ly   i n f luence  the drag at high supe rc r i t i ca l   speeds ,  

Dur ing   ca l ibra t ion  ~f t h e   h e 6  1- by 3=&-fOot hi@-sPeea 

wine  tunnel, a study Qf wall i n t e r f e rence   by  the inage method 

wa8 uldert&en t o  determine the v a l i d i t y  Qf t h e o r e t i c a l  - 
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i n t e r f e r e n c e   f a c t o r a .  i t  was found i n  the ... course of the t e s t s  

that preasure-dis t r ibut im  measm-enents  at e u p e r c r i t i c a l  a l r  

speeds c m 1 9  not always be repeated.  T h l s  .phenomehon was 

par t i cu la r ly   ev iden t  at; certa.?-n sngles o f  a t t ack .  

k c  fact that the phenorneficrn appeared on ly  at euper- 

c r i t i c a l  speeds suggeeted that It wag in soae way brought 

abaut bg the i n t e r a c t i m  between  compression  shock end t h e  

aj3.fo3.l boundary layer, Such i n t e r a c t i o n  is polssible aince 

a a t a t i o r a r y  shook wave, xhich only  e x i s t s  wi th in  a fluid 

vllere  the v e l o c i t y  1 s  above s m i c ,  cam&, pene t r a t e  to tpx  

surface of t he  ai;*foil where the veloc i ty .must  be zero and, 

i n  consequence, thc pFeasurs r i s e  acr3sR  the  shock wave mmt 

e f f e c t  a tendency t o  a r eve r sed  flow wl"&?in t h e  boundary 

lajrer . 
An Inves t iga t ion  W&B undertaken t o  determine the c a m e  

gi' t h e  phenoaenon with a view t o  c l a r i f y i n g  the pi7e6eTlt under- 

s t a n d h g  of cor;lprassicm 611(3ck and the interrelation of  Elhock 

and  boundary  layer. 

T h  Ames 1- by 3 5 f o 0 t  high-speed wind t u n n e l ,  which m e  

used in t h e s e  t e s t s ,  fs a low-turbulence w i n d  t u n n e l  w i t h  ' 

s u f f i c i e n t  p w e r  t o  Qbtaln choked f l o w  under a l l  t e a t  condi- 

t i o n s .  Tho a i r f o i l  ngdels  used in t h e  present tests were of 

NACA m12 airfoil sec t ion   and  spanr,ed the 1-foot dimension 

of the tunnel, There .was no end leakage. One ma&el, - 

. 
' 4  
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5 d e s c r i b e d   i n   r e f e r e n c e  1, which had a 5-inch  chord, was' 

equipped v L t h  54 pres su re  orifices e x d  w a s  used t o  d e t e r n i n e  

the d i s t r i b u t i o n  o f  pressure over the airfoil sec t ion .  The 

o ther  Godel had a 6-inch cllbrd and was used   t o   ob ta in   s ch l i e ren  

i n t e r f e r e n c e  stuCy, several   Dbtained at a Kach number of 0.75 
and an ang le  (ST a t t a c k  of 4' are of najoT i n t e r e s t  for %he 

preaerrt  stcdy. The Reynolds number for %his t e s t  was about 

1.5 n i l l i o n s .  The prescwe d i s t r i b u t i o n  for the c lean  airfoil 

under these condi t ions  is'shown i n  f igure 1. 

?t was noted during t h e   t e s t s  that, a f t e r   p r o l o z g e a  

opera t ion  of t he  tunnel, the pressure dis t r ibu t ion   changed '  

from that shown; 'and it was foun6 that this change x e s  brought 

about by  an accumulation cf dirt and a pittlrs due t o  g r i t t y  1 

g a z t f c l e s   s t r i k i n g   t h e  surface. pol i&dng of t h e  a i r fo i l  

su r face   pe rmi t t ed   t he  o r i g i c a l  p re s su re   d i s t r ibu t ion   on   t he  

& * f o i l   t o  be r e a t t a i n e d .  T n i s  r e s u l t   s u g g e s t e d  that the 

change i n  pressure d i s t r i b u t i o n  was brought  about  by a forward 

mmenent of t he   po in t  of t r a n s i t i o n  from lminar t o  t u r b u l e n t  

flow. Accorcingly,  the  pressures  were  measured w i t h  a thfn 

spanwise strip of coarge carb~rur&m (Xo. ldO), f i x e d  at  the 
L 

. 6-percent-chord s t a t i o =  on the   upper   sur face  of the airfoil. 

plll even more prolounced  change In the p r e s s u r o   d i s t r i b u t i o n  

gf the kind previous ly  found with the d i r t y   e u r f a c e  wae 

observed. This d i s t r i b u t i o n  i s  shown i n  figure 1. 

.. - ___ - 
- - - . .  . 
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T h e  d i s t r i b u t i o n  o f  prassure's obtained with the c lean  

airfoil sur face  is not  compaZible wlth the  usual t h e m y  of 

supercritical flow s i n c e   t h e r e  is no sharp drop i n  pressure  

coefficient t o  i n d i c a t e  the pi-esence of . a  shock, I n  order  

t o  study t h f e  anomaly by t h e   s c h l i e r e n  methDd, an  iiACA 4412 

a i r f o i l  model was mounted f o r  t e s t  on c l r c u 3 a r  glass side- 

wall di&e. The atteclxient to each && v a g  effected by twq 

s t e e l  pine,  a t  the 10- and 7S-percent-chwd e t a t i o n s .  I n  

order t o   s e a l  t h e  end of t k .  airfoil tg t k e  disks,  thin rubber 

gaskets were used.  Typical 9 ch l i e ren  plntagraphs obtained 

with this apJaratus are sham in f i g u r e  2, It w i l l  be noted 

that, unfortunately,  the ncw-~tfng pine an& cage or ti?! 
g a s k e t s   a r e   v i s i b l e  but tkey  c m  readily be disting~fshed-.  

I n  several i n s t ances ,   v i sua l   exan ina t ion  qf t h e  sshlieren 

screen shoved the  shock wave t o  be blurre&,indicating ohord- 

wise motion ~ f '  t h e  wave,  Such a n  unsteady f l o w  could, of 

course, produce a p e s s u r e  d i d z i b u t i o n  such as tbat E h m n  

in f i g u r e  1 f o r  t h 9  clean-surface mdel  s ince the IfGuid 

manometer used for these t e s t ~ l  would n9-t respond to .ragid 

changes in pressure, In msny ine tances ,  hawever, al though an 

apparent ly  shackless pressure d i s t r ibu t im  w a s  obtained,   the  

scthlieren screen i i ld ica ted  that a c m p r e a a i s n  sL%k tms 

present   and stationary wi%h time, This observation prompted 

an analysis o f  the experiLlenta1  results  obtained. 

. .. 

" 
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The exper imenta l   p ressure   d i s t r ibu t ion   ob ta ined  with a 

c lean   sur face ,  &own i n   f i g u r e  3, i s  ak in  t o  the  corresponding 

d i s t r i b u t i o n  ctf f i g u r e  1 in  that, for the upper surface i n  

bo th   i n s t ances ,  althowh the llach number i s  well   above 

c r i t i ca l ,   ev idence  of  skrlnck i s  apparent ly   absent   a l though  the  

schl ieren  photograph sf f i g u r e  4(a), c9rreepc1ndlng t o  t he  

p r e s s u r e   d i s t r i b u t i o n  of f i g u r e  3 ,  sk._ows shQckad flow.  Such 

a gressure  recovery,  it w a s  considered,  could be produced by 

int   eractLon o r  the shock x-ave and b o u n w y   l a y e r .  

IC. order  to e x g l a i n  this,  it i s  necessaFy to cons ider  

t h e   g e n 5 r a l   c h a r a c 3 e r i s t i c s  Qf the supersonic   port ions of  

p r e s s u r e   d i s t r i b u t i o n s  at supercr i tLca1   speeds   in   the   absence  

of local   boundary-layer   effects .  P rmdt l  and Heyer  have 

sham that, when a s e d " i n f i 9 i t e  uniform stream a t  a Hach 

number 3f u n i t y  is d e f l e c t e d  armnfli. a convex  surface,' the 

l x a l  Mach number a t t a i n e d  at any p i n t  i s  supersonic w i t h  

magnitude a func t ion  only  o f   t h e   t o t a l   a n g l e  tkroagh which 

the  s t ream b s  turned.  T h i s  t heo ry  i s  n e i f l e d   e m p i r i c a l l y  ' 

i n   r e f e r e n c e  2 for t h e   f a c t  that the   supernonic   reg ion  of  flow 

o v e r   a i r f o i l s  at  m p e r c r i t i c a l   s p e e d s  i s  of only l i m i t e d  

ex ten t .  It i s  round that t h e  local Each number i s  still 

d i rec t ly  r e l a t e d  to t h e  tqtal angle t u r n e d  thrmgh by t b e  

su r face  from t he   son ic   po in t  t o  the   po in t   unaer   cona idera t ion .  

However, t he  Mach number rise for a given angular d e f l e c t i o n  



i s  only  from  one-third t o  two-thirds that predicted by 

Praadt l   and  Heyer ,   the   precise   value being determined by 

t h e   s p e c i f i c   c o n f i g u r a t i o n  of airr 'qil  ehape, angle o f  

a t t a c k ,  and f r e e - s t r e m   i k c h  number, 

it i s  kn~wn from s t u a i e s  Qf bouneary-layer  effects a t  

low speeda that the  presence of a boundary  layer i s  equiva- 

l e n t   t o  a p ropor t iona te   l oca l   t h i cken ing  of t h e  a i r f o f l ,  

There is n'3 reason t o  believe that  t h i a  e f f e c t  will be 

d i f f e r e n t  at high  speeds. It fcjllms that, s l n c e  eupersonic 

l o c a l  Mach numbere,  and  therefore l m a l  p r e s e u r e  c Q e f f i c i e n t e ,  

a r e   d i r e c t l y   a f f e c t e d  by loca l   sur face   cmtom-e ,  m y  change 

i n  boundary-layer  thickness  which  markedly  changes the  

e f f e c t i v e   l o c a l   c u r v a t u r e  o f  t he  a i r f3 i l  s w f a c e  will r e s u l t  

i n  a marked local change i n  the aLrfQi1 preesure distribution. 

There i s  an   ab rup t   pes su re   Inc rease  across R shock wave . 

which  can  be  t ransai t ted  forward  mly  through  the  boundary 

layer. This pressure   r i se   p roduce8  an adverse preseure 

gradient   in   the  b3undary  layer   which  tends t . s  thicken  and, 

i n  some cases ,   - az tua l ly  t o  s epa ra t e  t h e  boundary l ayer ,  

A marked thickening of t h e  boundary layer abea& of tiie shqck 

wave m y  6'3 mrldify t he   e f f ec t ive   cu rva tu re  of  t h e   a i r f o i l  

s u r f a c e   t h a t  the original convexity, with t h e  resultant 

falliryl; pres-sure,  i n  f r o n t  of the wave can be changed t o  

cmcavi'cy with a r e s u l t a n t  r i s i n g  pressure i n  f ron t  of  the  

wave. I n   o t h e r  words, t h e   e f f e c t  of the   th iukening  of' the 

boundary  layer can be such a e  t o  dccre-ase the l7ca l  Mach 

- 
.. . " . 
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' .  numbers o u t s i d e   t h e  boundary l a y e r  QS t he  shock wave is 

approached,. The p res su re  rise ~ . c r c ~ s   t h e  shock wave i s  

tkerebg   d iminished , reml . t ing  i n  a so-celled "sgf tencdtf shock 

wav2. Dqnaldson, i n   r e f e r e c c e  3, fqmd %ha.% the concept Qf the 

so f t ened   conpres s im  shock   l ed  t o  t he   success fu l   p red ic f ; ion  o f  

t h e   p Q s i t i m  qf t h e   t e r m i n a l  shock wave in supersonic  nozzles.  
L 

E i s  p r e d i c t t o n  ?:as based upon the z s s m _ o t l m  that this s o f t e n i q  

wa8  so conplete  E S  t o  make thp_ Kach numbers imnedlatelg ahead 

' of ana bekhind the terminal   shock wave e s s e n t i a l l y  u n i t y ,  If 

the   supposi t ion is made tb t  the preseure  Cistribution Can be 

r e l a t e e  tQ t h e  effecGtive  eurface  curvature and if it 'is assmed, 

* 

P.fter  Donaldson, that t h e  temltrial s k x k  wave occur6 w-mn the 

mrface   p re s su re  i s  that corresgonding . .  t 3  a I f ~ c h   E m b e r  of 

unity, it should b e  p o s s i b l e  t o  c a l c u l e t e  f r m  a hc~?m a i r f o i l  

p r e s s u r e   d i s t r i b u t i o n  the  gro-wth of the bmndarg   l age r  alld the 

g o s i t i o p  of the t e r n l n a l .  shock wzve. 

In   o rde r  to do this, it ia necegsarg t o  r e l e t e   t k e  rise 

iri g r e s s u r s  along the  su r face  to t h e   & f l e c t i o n  Ln the stream 

d i r e c t i o n ,  This may b e   a c c o n p l l s h d   b y   a s s u r i n g  that pres su re  

changes take place on Each l i n e s ,  as was dote by kcke re t  and 

3usenaann ( re ference  4, pp, 235-236), ar by assuming that  the  

cbmges  .occur almg shock  waves of inf ini tes imal   nagni t -ude.  

The l a t t e r   a p g r s c h  will be  adQpted  here. ConsiCer now t h e  

unifwn,  two-dinensi%w.l flow 9f a c m p r e s s i b l e   f l u i d  at a 

Mach nunber M1 > 1. If tAff8 f l a w  1 3  defleceea tkirouzh an 

angle  0 as shmm i n  f i g u r e  5, Ichich 16 less than  a c e r t a i n  



prescr ibed  value,  t h e o r y  InCiicates that a l i n e a r  shmk wave 

w i l l  be formed i n  t h e  f l u i d  and that the  shock w i l l  paee 

through  the point at which the d e f l e c t i o n  qccura .  Iforeover, 

c l a s s i c a l  theory has sho~m that it is possible t o  r e l a t e  

condi t ions  on both s ides  of the  shock wave by means of the 

equaLions which f o l l o w  from the a s sunp t im that mafia, 

nonentum, and energy a r e  cmserved  i n  gassing t h rough  the 

skock (reference 4, p. Z38).. AG a r e s u l z  QT t h e s e  

assmptims i t  can be shovn that 

P a  - A = P 1  v, a sin 4 s i n  a 
C r j 6  (G-e> 

where 

P pressure- .  . .. 

P Gens i t y  

V angle of def l ec t ion  of a t rean  

a angle  of inclination of shock wave 

v v e l o c i t y  

. . - . .. . . .. .. . .  

n 

Y r a t i o  of s p e c i f i c   h e a t s  (cp/cv = 1.4) 
l f i 3  subscripts denclting condi t ions   befQre   and  behind t h e  

shock, r e s p e c t i v e l y .  

As i3 approaches zero, the  p r e s s u r e   r i s e  acroBg the  

shock approaches zero and from equa-:ion ( 2 )  if; follows that 

sin a 2 l./Pl~, Thus a is the  Mach angle assoc ia ted  with 

(IIIIIIIIIPJL 

.- 
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the free-stream I k c h  number and   the  shqck wave becomes i n   t h e  

limit R Fach l i n e .  I n  t h e  enalysis that ~OUCIWB, an expression 

w i l l  be  derived relating the   change   in   p ressure  with t h e  value 

2f e 
By s e t t i n g  

f w m s  

A P =  2 tan a tm e. 
1 + t a n  ct tan 8 

It i s  p o s s i b l e   t o   e l i m i n a t e  CL betveen the  two preceding 

equaticxs and, as a r e s u l t ,  AP nay be   exsresaed  as a func t ion  

o f  tan 8 or ,   i nve r se ly ,  the angle 7f deflection nay be 

e x p r e s s e d   i n   t e r n s  of the   p ressure   change .  Sqlving f g r  t a n  6 

g ives  . .  
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If 0 i s  small, i t  follows that the   p ressure   increnent  

i s  mall and ,  ae a conseqaence, t h e  right-hand member of 

equation ( 3 )  can be expanded in s e r i e s  f w n .  Heglecting 

powers of AP above the  secqnd  yields   the  fol lowing 

If, in turn, AP is expreesed in terms of tan 8, and 

powers ~ f '  tan 8 above the second are  onl t ted ,  t h e  result ie 

It is  thus poee ib le ,  under   the  asamptione of thfn- 

a i r f o i l  theory ,  t o  t r e a t  pressure v a r i a t i m  in a eupersonic 

strem e i t h e r  as a limiting c a m  of attenuated s h m k  waves 

or by means of the previously kAOWi1 appmach  which as8umeB 

the pressure  changes take p l ace  a l m g  Xach l i n e s .  

4 
. " 

If t h e   r e l a t i a n  between  pressure-cqefficlent  change anC 

angle-of-stream deflection given i n  equation (4)  l e  uaed, i t  

is then p e s i b l e  t o  c a l c u l a t e  the gmwth qf t h e  boundary le.Tyer 

.. . 

and the  change i n  l o c a l  Zach number by a step-by-step procese, 
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The- th-eiical a n a l y s i s  was a p p l i e d  to predAct t'he 

bxndamr-lager' growth and t h e  f wmatiox o f  shock corresponding 

t 3  soma measured   pressm-e   d i s t r ibu t ions ,  A coirparison r>f 

' seve ra l   ca l cxBt t e3  f l o v s  with ths corresponding observed flows 

nated p s v i o u s l y ,  correepond t o  t h e  p r e s s u r e   d i s t r i b u t i o n  of 

fig. 3 ,, ) I n   t h s s e   c a l c u l a t i o n s  %he I .ach'  l i n e s  cozresponcing 

with the  measured. surface . p e s s u r e g  have   been   a r5 i t r az i ly  

e-*snded li>smly and are. t e r n - i m t e d  at the extended ;lack l i n e  

of unit;-. Such a diagram clear ly   cannot  conform with reality 

at p g i n t s  removed f r o n  the  aru-face s ince  it f a i l a  t o  allsw f o r  

the   p roper   p ressure   var ia t ion   normal  t o  ths a i r f o i l ,   I n  

par t iou lar ,  t h e  ur-ity Hach l i n e ,  al thmgh p o s s i b l e  close t o  

the   sur face ,  could not extend i n t o   t h e  flow f i e l d  t o  i n t e r s e c t  

the other-Hach lines as  ehmx. I n   s p i t e  of t hese  liniZ&iitons, 

it i s  seen tha-f;, i n  f i g u r e s  4 and 6, t h e  terminal shock i s  a t  

a c o n s t m t  chordxise g o s i t i o n  a l9ng  the span and the c a l c u l a t e d  

and e-rper l~er ta l  f lows a r e  in good.agreement ,   indicat ing that 

t h e  orev imaly  d i scussea  mec2"anisn f w  . t h e   i n t e r a c t i o n  between' 

shock and boundary l a y e r  i s  SUb6tant iZl ly   correct .  . The 

s c h l i e r e n  photogrephs qf f i g u r e s  7 and t? suggest  that the .flow 

varies  spanwise, I n  spite of this, reasonable  agreement i s  

obtained. In additim, the  f igu res  show that n e a r   t h e  su r face  

the a c t u a l   l o c a t i o n  of the  shock wave is  very c l o s e  t o  the - 



calculate&  posi t i 'on for a Mach number of u n i t y  which I 

conf imns Donaldson'e hypothesis. 

FJith a c l ean   su r f ace  it can be  assumed that, at  the 

r e l a t i v e l y  low Reynolds number of t h e  t e s t ,  the flow remained 

1amfnar.up t o  the  shock,  Although no masurernents were m d e  

i n  t h c  p re san t   i nves t iga t ion   t o   auppor t  this assumption, a 

s imi l~~r  c o n E t i o n  waa found Go e-xiet a t  much hig5er Reynolds 

n u b e r s  in an i n v e s t i g a t i o n   i n   t h e  Ames 16-fogt high-speed 

wind t unne l  of a l m g e  chord MACA low-drag-type a i r f o i l .  

Yith t h a  add i t ton  of carborunilurn t o  the airfoil o f  t h e  

present  investigation,  t i*ane.l t ion from laminar to tu rbulen t  

f l o w  probably moves forward enough so  t h a t  a t u rbu len t  

bounCary l a y e r  exis ts  over the  reg ion  ~f' in te res t .  It f8 

wel l  k n m m  that Wtl le  the Laninar l a y e r  i s  easily thickened 

by an  adverse  preseuregraii ient,   the  turbulent layer is m r e  

resist&?% t o  such a gradien t .  It is then  t o  be expectea that 

t h a  th ickening  of a 1anina.r  boundary l a y e r  due to the preseure 

rise across  a given shock wave w i l l  be greater than f g r  a 

turbulent   boundary  layer .  If i t  i s  assumed that the terminal 

shock wave occurs at  a Nach number near  uri i ty,  t h e  previous 

analys is  has shmn that the   angu la r   de f l ec t ion  of t h e   s t r e a n  

at t .he  outside of the  boundary layer has e. fixed value.  

Hence the m a r k e d  th ickening due t o  t h e  t e l n i n a l  shock must 

be cmre Un i t ed  in chqrdwise  extent for a tu rbu len t  layer than 

f w  8 laminar la::er. The preeerwe distributions of f igure 1 

show t h i e  t o  be the case. 

L_ 
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* 

211 t he   ce ses  so far cons idered ,   ' suf f ic ien t   th ickening   to  

induce  shock  near a Xach number of  u n i t y  has been  evidenced  by 

the pressure   d i s t r i ibu t ions ,  It cann9,t be concluded,  however, 

that all shocks nus t   t ake   p l ace  at c l o s e   t o   u n i t y  Each number 

s ince   the   lover -sur face   p reseures  of f i g u r e  3 would n9t  appear 

t o  support  such a conclusion. As a furtkier warning, ft should 

nQt  be  conclEded that v:henever 8 pressure  distribution of the 

t-ype shown r o r  the  u p p r   s u r f a c e   i n ' f i g u r e  3 is obta ined  the 

shock   necessar i ly  t a k e s  place  near  un i ty  Hach nmber, ,   unless  

t he   p re s su res  are both ins tan taneous  and p e r s i s t i n g .  Usually 

pressures   a re   measured  on l i qu id   nanmete ra   posses s ing  slow 

response which, i n  consequence, c a n   i n d l c a t e  f o r  this latter 

type of pressure d i s t r i b u t i o n  e i ther  a sof'tened shock, BS 

previoas ly   d i scussed ,  o r  a f luctuat ing-shock flow which .in 

o the r   i na t ances  has been  observedc 

' Jnder   the   assu ip t ion  that ekmck occurs at about the 

chordwise  s ta t ion where t h e   l o c a l  i-iach number has Croppea tQ 

un i ty ,   t he   p re s su re   d iB t r ibu t ions  of f igure ' . l  i n d i c a t e  the 

following: ' When t h e  boundary-Zayer flop; i s  ckanged from 

laminar t o  t u r b u l e n t ,  by means qf the s t r i p  of coarse  carbo- 

rundun, the l o c a t i o n  of the shock wave i s  rimed foh:ard and 

the  boundary-layer  separatilsn a f te r  shmk appears  complete, 
~ 

* A s  will be  seen i n   f i g u r e  2, t he  growth of the boundary 
l a y e r  ahead of the  t eFninal. shock wave is u s u a l l y  one  wherein 

the   th ickening  of t h e .  bound.& -layer fs at first slow and 

inc reases  as the   t e rmina l  shock i s  apgroached, as s h ~ w n  in 
.- 
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f i g u r e  3 : ~ ) .  The p r e s s u r e   d i s t r i b u t i o n  i a  . then  of  t h e  type 

shown i n   f i g u r e  9 (b ) .  The- Mach l i n e s ,  which a r e  but shock 

waveG o f  ..weak s t rength ,   a re   genera ted  a t  the  boundary-layer 

sur face  and wguld form an obllque shack of g r e a t e r   s t r e n g t h  

i f  they  coalesced.. t o  form an envelo?e,  ?owever, such 

coalescence has not  apace  enough., to  occu~.akead o f  t h e  

te rnLnal   shock .   in ' the  usual case,  and hence, the oblique 

shock would ~ 9 %  be evident. 

If, on t h e .  a the r  hma, the  bounfiary layer t iere   laqinar  

and separated t o  T o m  a wedge of e m s t a t  anglo,  as dmwn In 

f i g u r e  10 (a ) , the  envelope of Xach l i n e s  would form an 

oblique shock w h i c h  would disappear e.t the   . terrnlnal  shock . . .  

and t h e  pressure .d i s t r ibu tLon would be of t h e  t m e  shown i n  

f i g u r e  10(b), That such types  &o ac tua l ly   occu r  i s  8een i n  

f i g u r e  2 f o r  sone of the  lower-surface 611OCkB, 
- 

" . 

It i s -  important t o  note that, with the add i t ion  of the  

carborundun,.   the  .reduction of lift w a s  e i zab le  but that  the  

r e l a t i v e  change in. drag was slfght. , 1-n f i g u r e  I1 L E '  shown 

the   p reasure  drag c o e f f i c i e n t  (which a t  Bpeeds y e l l -  in excesa - 

of the  c r i t i c a l  i s  p r a c t i c a l l y  the t o t a l  dr8.g c o e f f i c i e n t )  .. I 

for t h e  airfoil whose pressure d2s t r lbu t ions  are e h m  i n  

f i g u r e  1, It appears that, whetker o r  .nC&-.tP.le .energy l o s e  

i n  the boundary  layer i s  increased  with a conaequent reduct ion  . 
i n  energy loss i n  t h e  shock wave, t h e  net e f f e c t  on the t o t a l  

drag i a  p r a c t i c a l l y   t h e  sane.. It should be  noted,  hmever,  

that i n   t h e  caaes conaidered, a so f t ened  shock is apparent ly  



always a t t a i n e d  and the  concluston gay not be wmranted f o r  

other types  of shocks* Finally, it  should be observed that 

a l though   t he  drag is r e l a t i v e l y   i r s e n s i t i v e  t o  changes in the  

type gf bou&arg-layer f low these changes produce imsortant  

shifts I n . t h e  l o c a t i o n  of the  sh9ckkave and in. the  lift, *. 

- 

Therefore ,   increme of Reynolds number, i n  its* e f f e c t  on 

th inn ing   t he  boundary layer r e l a t i v e  t o  t h e  airfoil dinensions 

nay have an  imgortant e f f e c t  at htgh i&ch numbers, 

- h e s  Aeronaut ica l  T,&boratorg, 
Watimal Advisory Committee for Aeronaut i is ,  

iCof fett Fie Id, Calif .. -. . 

Haxd A. Heaslet, 
Physicist , 

Dmald H,. Wood, 
d e r m a u t i c a l  Engineer, 
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Figure 2.- Representative schlieren photograph of t h b  f low about an NACA 4412 airfoi l  
at severa l  Mach numbers ana angles  of attack. 
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